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DISTRIBUTIONS ON DELTA WINGS DUE TO THICKNESS AND
TO ANGIE OF ATTACK AT SUPERSONIC SPEEDS
By Williem B. Boatright

SUMMARY

The serodynamic loading on delta wings at supersonic speeds was
studied principally to determine the coupling and nonlinear interference
effects between the pressures due +to angle of attack and due to thickness.
Pressure distributions on four delta wings having leading-edge sweep angles
of 539, 60°, and 66.6° were measured at Mach numbers of 1.62, 1.93, end
2.41. Three wings had NACA 65A003 sections. The other wing had a flat
upper surface and a leading-edge sweep angle of 53°, At Mach numbers of

"1.94 and 2.41, some of the results for this wing simylate a wing of zero

thickness; the pressure distributions are compared with the pressure dis-~
tributions of an NACA 65A003 section wing of the same plan form. For
this comparison the pressure distributions of the NACA 65A00% section
wing hed the experimental pressure distributions at 0° angle of attack
deducted. Appreciable nonlinear interference effects are shown to exist
such that the pressure distributions caused by thilckness and by angle of
attack are not additive at test, angles of attack, greater than 5°. These
effects are shown to exist for all the NACA 65A003 section wings at all
test Mach numbers, and in each case the experimentel results are compared
with theory.

The pressure distributions due to wing thickness are shown for the
NACA 65A003 section wings at all test Mach numbers and in some cases are
compared with theory. Also, quentitative information on span loadings of -
delta wings 1s presented for a wider range of operating conditions than
presently exist.

The limited study of Reynolds number effects include variations in .
Reynolds number produced both by increased tunnel stagnation pressure and
by the use of transition strips located near the wing leading edge.

Some results are presented of tests which were made with the wing of
zero thickness at angles of attack greater than that necessary to produce
leading-edge shock detachment. These tests were conducted with and with- i
out a thin leading-edge extension (maintained at 0° angle of attack) in _
an attempt to evaluate the upper and lower wing surface Interactions in
the presence of a detached shock.
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INTRODUCTION

Ioading studles on delte wings at supersonic speeds have been the
subject of a number of experimental investigations, for example, refer-
ences 1 to 7. The reason for the predominence of delta-wing data is the
basic nature of the delts plan form. Not only is the theoretical treat-
ment simple, but also the pressure distributions due to angle of attack
of many other plan forms are readily determined, in whole or in part;
from the pressure distribution due to angle of attack of a basic delta
wing. Evaluation of the experimentel pressure distribution due to angle
of attack 1s complicated by the coupling effects that exist between the
pressure distribution due to thickness and that due to angle of attack.
Reference 7 shows that for a 5-percent-thick, sharp leading-edge delta
wing at Mach number 3.33 sppreciable effects exist such that, even for
as small an angle of attack as 3°©, the pressure distributions due to
thickness and those dve to angle of attack are not additive.

In the investigetion of this report the coupling effects between
thickness and angle-of-attack pressures sre further explored for thinner
wings at several lower Mach numbers than the data of reference 7. Four

wings were tested at Mach numbers of 1.62, 1.94%, and 2.41. Three of the

wings had NACA 65A003 sections and leading-edge sweep angles of 539, 60°,
and 66.6°. The other wing was a semlflst plate (designated herein as &
zero-thickness wing) such that at Mach numbers for which its leading edge
was supersonic (attached shock) the results for the flat surfece corre-
sponded to results for a wing of zero thickness. Tesis were als0® con-
ducted for thls zero-thickness wing with and without a thin, sharp )
leading-edge extension (which was maintained at o° angle of attack) in

an sttempt to evaluate the upper- and lower-surface interactions
("pbleed-sround" effects) in the presence of a detached shock.

The span loadings and lateral center of pressures are presented in
nish quantitative data for a wider range of operating conditions than
presently exist. The values of the retios of semispex angles to Mach
angles covered by thé tests of this report vary from about 0.55 to 1.65.

Pressure distributions due to thickness are shown and, in some cases,
are compsred with the predictions of a recent theoretical technigue pre-
sented in reference 8.

The Reynolds number effects were assessed both by some additional
tests at 'an increased stagnation pressure and by some tests with rough-
ness strips near the leading edge of the wing.
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aspect ratio

semispan (meassured from root chord to tip of delta wing as if
tip and trailing edge were not cut off)

local semispan
locel chord

root chord (with tralling edge not cut off)

lp-
section normasl-force coefficient, u/; E-E—EE.%¥
normsl-force coefficient, N/qS

pressure coefficient, EL%%EEE

Mach number

normal force

local static pressure

free~-stream static: pressure
free-stream dynamic pressure, O.7pmM?

Reynolds number (based on mean aerodynamic chord of 5.00 inches)

wing ares

wing thickness

longitudinal distance along wing chord (measured from apex)
longitudinal distance along wing chord (measured from leading edge)
distance along span normal to the root chord

angle of attack
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€ wing semispex angle

A wing leading-edge sweep angle

w angle between wing root chord and a conical.rsy from the apex

APPARATUS

Tunnel

All tests were conducted in the Langley 9-inch supersonic tunnel
which 1s a continuously operating closed-circuit type in which the stag-
nation pressure and temperature, and the humidity of the tunnel air may
be controlled. The different test Mach numbers are obtailned by inter-
changeable nozzles which form & test section sbout 9 inches square.

Models

The semispan models were mounted from a boundary-lasyer bypess plate
as shown in the photograph of figure 1. The bypass plate was rigidly
attached to & plug which was mounted in a hole in the tumnel walls in__
which the schlleren windows are usuelly loceted. The window plug, by-
pass plate, and the various wings which were tested are shown in the
photograph of figure 2. The steel wings had grooves cut on thelr sur-
faces into which the tubing leading to the orifices was inlaild. After
installation of the tubing, a clear plastic was used 1o fill the grooves
and to make the wing surface flush. Consquently, although the photo-
graphs show what appears to be a rough surface with many grooves, each
wing surface was actually smooth.

Figure 3 shows a dimensional sketch of the various wing models and
the location of the transition strips which were used_for some of the
tests. The orifice locatlons are given in table I. Because the wings
were designed with constant t/c, they were very thin at the tips. In
order to alleviate the loading on the thin portions of the wing, the
tips and the trailing edges were cut off as shown 1n figure 3 such that
for inviscid flow the pressure reedings of any of the orifices would -
not be affected. Figure 4 shows a sketch of the semiflat wing (wing 1)
with the leading-edge extension attached. A different, prebent extension
wag attached to the wing for each test angle of attack. The Juncture of
the wing leading edge and the bend line was faired 'such that a contin-
uous, distinct corner was present along this Juncture on the flat side
of the wing. Some schlieren photographs made in the Langley 9-inch
supersonic tummel (not shown herein) at a Mach number 1.94 of a similar
wing plan form indicated that the leadling-edge extension shown in
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figure 4 extended far enough forward of the leading edge to assure that
the leading-edge extension was-effective in preventing "“bleed-sround"
effects at all test angles of attack.

TESTS

Most of the tests were conducted with smooth models at a Reymolds

number of gbout 2.3 X 106. Simdation of a higher Reynolds number was
attempted in additional tests by using transition strips neasr the leading
edge in order to make the boundary layer turbulent rearward of the strip.
The thickness of each strip was about 0.006 inch. The tests using tran-
sltion strips were conducted for a limited number of angles of -attack
(-20°, -10°, 0°, 10°, and 20°) for all tést Mach numbers. At a Mach num-
ber of 2.41, some tests were also conducted &t a Reynolds number of about

4.65 x 106. This higher Reynolds number was produced by an increased
stagnation pressure.

For most of the tests, the angles of attack were nominally 0°, 5°,
10°, 159, and 20°. However, with the larger wings at the lower Mach
numbers the angle-of-attack range was limited because of the tunnel
choking.

The tests with the zero-thickness wilng were supplemented at angles
of attack beyond shock detachment by tests with and without & thin, sharp
leading-edge extension (0.020 inch thick). The purpose of these tests
was to evaluate interference effects between the upper and lower wing
surfaces when the leading-edge shock was detached.

PROCEDURES AND PRECISION

All pressures were indicated on a multiple ‘tube, mercury manometer.
The manometer readings were photographed and the data were mechanicelly
reduced to pressure-coefficient form.

Since the wings were instrumented on only one surface, the data
corresponding to the high-pressure side were obtained by testing the
wing at negative angles of attack, and the data corresponding to the
low-pressure side were obtailned by testing at positive angles of
attack.

The angles of attack were measured using a clinometer on a reference,
flatiened surface of the wing mount, which extended outside the tunmel.
The initisl alinement of the wing, referenced to free-stream direction,

RN,
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was measured with a cathetometer. The accuracy of this latter operation
resulted in a probasble error of #0.1° in angle of attack. However, the
errors in the angle-of-attack settings with respect to each other for
any one test were probably 10.05°. For the tests at different Reynolds
numbers, it was not necessary to reference the model again with respect
to the free-stream direction; however, for the tests with roughness
strips near the wing leading edge, this operation was necessary.

The maximum ineccuracy in the pressure-coefficlent data, due to a
constant error in reading the masnometer, ocecurred for the tests at the

lowest Reynolds number (R = 2.3 X 106) and the accuracies to be quoted
are based on these tests. These accuracies were essentially the same
at all Mach numbers since the dynemic pressures were (for the purpose
of accuracy estimates) essentially the same. This condition was a by~
product of controlling the stagnation pressure so that the tests were
conducted at constant Reynolds number for all test Mach numbers. Because
the manometer was photographed and the data reduced mechanically, the
accuracy was less than that obtained by direct manusl recording which is
estimated to be #0.003. A check of typlcal pressure-coefficient data
obtained both directly and mechanically assessed the accuracy of the
mechanically reduced pressure-coefficient data to be #0.005 for approx-
imately 80 percent of the data and not ever exceeding +0.01.

No corrections were applied to the pressure-coefficient data for
the local #0.01 Mach number variation that is known to occur throughout
the region of the test section occupied by the wing. This variation
in free-stream Mach numbers could produce an error in the pressure coef-
ficient of 10.004 at M = 2.41, and #0.008 at M = 1.62.

RESULTS AND DISCUSSION

Span Loedings and Lift Coefficients _

Figures 5, 6, 7, and 8 present the spsn load distributions for the
four wings which were tested in this investigation. All data points
were obtained by mechanically integrating the chordwise pressure distri-
butions. The experimental loading is compared with the loading pre-
dicted by linear theory at some of the test angles of attack.

The well-known fact that the span loading on delte wings approaches
a more trianguler distribution as the angle of attack increases 1s appar-
ent for all the test configurations. The primary purpose of this pres-
entation of loading data is to supplement existing information so that™
accurate quantitative estimates of span load distributions will be pos-
sible for a wider range of values of B tan € and o +than presently
exist. ’

ary
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Figure 9 presents the lateral center-of-pressure data for the vari-
ous test configurations. The figures are arranged in order of increasing

values of P tan €. Each vertical line at a value of %/% of 0.33 repre-~

sents the center-of-pressure location which would result if the loading
were triangular. If the loading were elliptical, the center of pressure

would be at a value of q/g- of 0.423. This location is denocted by

another vertical line.

It is interesting to note that at 20° angle of attack the lateral
centers of pressure for all test configurations are very close to the

same value of W/g'= 0.35. At lower angles of attack, the variations in

the laterasl center-of-pressure locations are much greater. As would be
expected, the subsonlic leading-edge wings at the lower angles of attack
have a center of pressure spproaching that for an elliptical loading end
the supersonic lesding-edge wings have centers of pressure at lower angles
of attack that correspond to loadings that are between elliptical and

triangular.

Figure 10 shows the normasl-force-coefficient curves for the various
wings at the various test Mach numbers. The resulta were obtained by
mechanically integrating the span-load curves. The results sre compared
with the 1ift curves predicted by linear theory. In all cases the theory
slightly overpredicts the slope except for the wing with the lowest
aspect ratio (wing 4) at Mach number 1.62. TFor this configuration the
better agreement between theory and experiment 1s undoubtedly associated
with the increase in 1lift produced by the leading-edge vortex which forms
on the low-pressure side of a wing with a hlghly sweptback leading edge
when flying at low supersonic Mach numbers. (See refs. 9 and 10.)

It is Interesting to note that the normal-force-coefficient curve
for the zero-thickness wing (wing 1) has a slightly greater slope thean
the curve for the NACA 65A003 section wing of the same plan form (wing 2)
and more closely approximates the prediction of linear theory. This is
true except at Mach number 2.41 where there 1s essentially no difference
between the normal-force curves for the two wings below an angle of attack
of gbout 15°.

Pressure Distributions Due to Thickness

The pressure-distribution measurements with the various wings at
o° angle of attack are presented in figures 11, 12, and 13. Flgure 11
presents the results for wings 1 and 2. Both of these wings had the
same plen form (A = 53°) but wing 1 had a semiflat sectlon and wing 2
had an NACA 65A003 section. Wing 1, at Mach numbers 1.94 and 2.41,
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should have indicated zero pressure coefficient over its entire surface

sinee at these two Mach numbers the leeding edge was supersonic, and in

the ebsence of viscosity the data should correspond to a zero-thickness

wing at O° angle of attack. At a Mach number of 1.62, the leading edge

of wing 1 was only slightly subsonic (B tan € = 0.960)}, and for the thin
section that was used the lesding-edge flow deflection angle was proba-

bly sufficiently small that the effects from the cambered surface of the
wing did not appreciably affect the pressures on the flat surface which

was Iinstrumented.

The data for the zero-thickness wing indicate essentially zero pres-
sure coefficient at all test Mach numbers except for two possibly erro-
neous test points which are shown in figure 11(a) for locations near the
leading edge and near the tip. The generally small departures: from zero-
pressure coefficient for wing 1 are probably due to the 0.0l free-stream
Mach number variation and to the fact that the wing surface was not abso-
lutely flat. DBecause of the difficulty of machining this flat wing with
such & thin section, the sufface, Iinstead of being absolutely flat, had
sgbout 0.010-inch concavity between the leading and trailing edge near
the root chord.

The data in figure 11 pertaining to the NACA 65A003 section wing is
denoted by the square symbols. A conslistent and expected thickness
effect is shown with positive pressures near the leading edge and nega-
tive pressures near the tralling edge. This simllar trend in the data
for all the wings at all test Mach fumbers i1s evident in figures 11, 12,
and 13. Also, there appears to be a general increase in the pressure
level for the pressures due to thickness with increasing Mach number.

Figure 12 presents the thickness presgure distrlibution for
wing 3 (A = 60°) end figure 13 presents the thickness pressure distri-
bution for wing 4 (A = 66.6°). The pressure distributions are compared
with linear theory in figures 13(a) end 13(b). The theoreticel tech-
nique presented in reference 8 was used to compute the theoretical curves
for the subsonic leading-edge configurations, This technique permits
the calculation of the pressure at a given point for any arbltrary dis-
tribution of slopes of the wing surface in the Mach forecone shead of
the point. The method is semigraphical, but the formulss involved are
simple. A more detailed description of the method can be found in ref—
erence 8, but the method will be swmmarized here to glve the reader, whq
is unfamiliar with the method, an understanding of the approximations
involved in the theoretical calculations.

Figure 14 shows a typlcal graphical layout that is necessary for
the computstion of the pressure at point P. Slnce the wings of the tests
of this report hed a constant t/c ratio at all spanwise stations, the
surface slopes were conlcal wilth respect to the tip and lines of constant
slope emsnating from the tip were drawn. The Mach forecone from P_ was
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divided into en arbitrary number of equal parallelograms (depending on
the degree of accuracy needed in the calculations). The wing surface
slope was assumed constant in each parallelogram and with a value which
was equal to the surface slope at the center of each parallelogram. This
slope was readily determined from the graphical layout such as figure 1k.
A simple formuls determined the effect of each parsllelogram on the pres-
sure at point P, and the resulting pressure at P consisted of the sum
of the effects of each parallelogram. It was only necessary to conslder
the summation of the parallelograms in region ABCP since the effects

of trlangles ABD and CBE were cancelled by the effects of the flow
distortion between the leading edge and the Mach cone emanating from the
wing apex. (See ref. 11.) The effects of the region DBEF on point P
were computed 1n some cases but were found to be negligible for those
cases,

For the configurations with subsonic leading edges for which the
theory was computed, figures 13(a) and 13(b), the sgreement between
theory and experiment is good except for the fact that theory predlcts
a higher positive pressure nesr the lesding edge for the outboard wing
sections than actually exist. Since the publication of reference 8, a
similar method has heen presented in reference 12 for calculating the
thickness pressure dlstributions for delta wings with supersonic leading
edges. However, theoretical calculstions of the thickness pressure dils-
tributions were not underteken except for the two configurations with
subsonic leading edges which are shown for wing L4 in figures 13(a) and
13(b). Calculations for the other configurations were not expected to
be particularly informative because of the smallness of the pressure
gradients involved for the thin wings of this investigatlion and because
the experimental pressure distributions due to thickness were similar
for all the wings, whether the leading edge was subsonic or supersonic

It should be mentioned that reference 13 presents a method based
on shock-expansion theory for computing pressures 1in the region shead of
the Mach cone from the apex of s delta wing with a sharp supersonic
leading edge. This method is spplicable to any wing of this type with
gsingle-curved surfaces, but because of the round leading edges and the
low Mech number range of the configurations tested in this report theo-
retical calculations of thickness pressure distributions using this
" method were not attempted.

Pressure Distributions Due to Angle of Attack and
Interference Pressures Produced by Thickness

The study of pressure distributions on wings of generaslly used
sections is complicated by distinguishing the contributions to the pres-
sures that are due to thickness from the contributions that are due to

¥ NS
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angle of attack. Idnear theory assumes that the two types of pressures
may be superposed; however, in reference 7 it is shown that even for 30
engle of attack at a Mach number of 3.3, there are important effects due
to nonlineerities and the interference of the thickness pressures on the
angle-of-attack pressures. In order to better describe the mechanism_
for the coupling of these two types of pressure distributions, consider
the analogy of a two-dimensional, double-wedge section wing at angle of
attack. The surface slope 1s the algebraic sum of the angle of attack
and the local surface slope due to thickness 8. Busemsnn's second-
order theory gives the following expression for the pressure coefficient:

Cp = C1(a + 8) + Cola + 8)2

or
Cp = Cqo + €18 + Cola? + 208 + 82)

where Cl and 02 are constants which are functions only of the Mach

number. The well-known fact that nonlinearities of the type calculgble
by second-order theory cannot be superposed is obvious, since the cross-
product term prcohibite the addition of thickness and angle-of-attack

effects. Inspection of this equation shows that 1t is possible for the

thickness contribution to be small such that the term 62 is negligible,
but that at sufficlently large sngles of attack 2 small thickness might
affect the nonlinearity of the pressure if the term 2ad 1s significant.
Furthermore, from this two-dimensional anslogy 1t can be reasoned that
the nonlinearitlies will be greater with increasing Mach number since Co

increases with Mach nunmber,

The test program used in this investlgation for the study of the
coupling effects between thickness and angle of attack consisted of tests
with a wing which in inviscid flow simulates a zero-thickness wing at
engles of attack below shock detachment snd tests with NACA 65A003 section
wings. One of the latter wings was of the same plan form as the zero-
thickness wing and permitted direct comparison to determine second-order
thickness effects on the angle-of-attack pressure distributions. The
semiflet wing (wing 1) simulates a zero-thickness wing at Mach numbers
for which its lesding edge is supersonic (1.94 end 2.41) and at angles
of attack below shock detachment, end the data for these condltions
correspond to the assumptions of usual theoretical calculations. At
angles of attack sbove shock detachment, an attempt was made to evaluate
the upper- and lower-gsurface interactions in the presence of a lesding-
edge detached shock by testing with and without a thin leading-edge
extension which wes maintained at O° angle of attack independent of the
wing angle of attack. . _ ) _

NuReONEIDERT Ay
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Zero-thickness wing snd comparison with theory.- Figures 15, 16,
and 17 present the pressure measurements as a function of conical ray
from the wing apex for the zero-thickness wing (wing 1) at three Mach
numbers. The pressure-coefficient parameter 1s the value of the pressure
coefficient at O° angle of attack subtracted from the value at each par-
ticuler test angle of attack and multiplied by B. -The pressure-
coefficient parsmeter is plotted against tan m/tan €. Plotted in this
menner the dsts should define a eingle curve if the pressures are con-
stant along conical rays from the wing apex. Although the data define
a single curve reasonsbly well for angles of attack of 10° or less,
generally, there is poor agreement between experiment asnd linear theory.
(There is better agreement between theory and experiment at low engles
of attack and lower Mach numbers, as might be expected.) This lack of
ability of linear theory to predict actual pressures is well known but
possibly underemphasized since attention is usually directed to how well
it predicts lifting pressures.

Reference 1l presents an exact theory for computation of pressures
on delta wings and points out large differences between the pressures
computed by exact and linear theories. Reference 14 was not used to
calculate some exact pressure distributions for the zero-thickness wing
of this investigation because the calculations are laborious and because
it was evident that, although the asgreement between theory and experiment
would bte improved, the exact theory would still not predict the pressures
very well. This latter reason was apparent because the exact theory of
reference 1h uses shock-expension theory for predicting the pressures in
the region of the wing shead of the Mach lines from the apex and predicts
a constant pressure in this region for a zero-thickness wing. The exper-
imentel pressures were not constant in this region even for the zero-
thickness wing of this investigation. Figure 17(b) shows the experimen-
tal pressures compared both with linear theory and shock-expansion theory
for the outboard part of the wing and illustrates the poor agreement
between theory and experiment for this Mach number at 10° angle of attack.
Shock-expansion theory is sometimes used at higher Mach numbers to
approximate the pressure over the entire wing surface by treating the
wing section as if it were two dimensional. When used in thls menner
shock-expansion theory would predict a constant pressure over the entire
surface for the zero-thickness wing (wing 1). It can be seen in fig-
ure 17(b), where the prediction of shock-expansion theory is shown for
just the region of the wing shead of the Mach lines from the apex, that
for the Mach number range of this investigation the experimentsl pressures
are not even constant in this reglon and that the assumption of constant
pressure over the entire surface would be even more erroneous. If the
assumption is made that the reason the pressures on the outboard part of
this wing are not constant is due to viscous effects, it is interesting
to note that these effects do not serlously disrupt the conical nature
of the flow for this zero-thickness wing at angles of attack of 10° or
less.
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The data shown in figures 15, 16, and 17 for the zero-thickness
wing at higher angles of attack than 10° show some departure from con-
ical flow. Sinece 1t will be shown subsequently that the interference
pressures produced. by thickness cause similar departures from conical
flow and to a greater extent than is shown in figures 15, 16, and 17 at
higher engles of attack than 10°, it appears possible -that the boundary
layer on the wing might be causing the zero-thickness_wing to have some
effective thickness. This thickness effect for the resulting wing might
then be the cause for the depertures from conical flow which occur for
high angles of attack. -

Some of the data for the zero-thickness wing with and without the
leading-~edge extension is shown in figures 18 to 21. These data are
plotted in the same manner as the preceding figures in order to illus-
trate the conlcal nature of the flow. The data for sbout 11° angle of
attack or less define a single curve reasonebly well, both with and
without the leading-edge extension. This indicates that the flow is
reasonably conical. If the corresponding angles of attack in figures 18
and 19 and in figures 20 and 21 are compared, it can be seen that there
is very little difference in the data with or without the leading-edge
extension, although to a slight extent the flow for the wing with the
extension is less conical than the flow for the wing without the exten-~
sion. This fact might be due to mechanical imperfections in the
extension.

Some of the angles of attack for which data are presented are not
necessarily high enough to produce a detached shock. _Because one sur-
face of the wing was flat and the other surface was a thin wedge (3 per-
cent thick), the angle of attack at which the shock detached was differ-
ent at positive angles of attack from that at negative angles of attack.
At Mach number 1.94, the shock from the wedge side of the wing would be
detached even with the wing at O° angle of attack. When obtaining data
for the high-pressure side (that 1s, with the wing at a negative angle
of attack), theoretically the shock would detach at an engle of attack
of -5.3°, At a2 Mach number of 2.41, the shock detaches at -17.7° and
+8.0° angle of attack. *

Figures 22 and 23, where pressure coefficient is plotted against
chord location, alsc show some typical results with and without the
leading-edge extension. In both figures there is a tendency for the
pressures on the high-pressure side of the wihg to be more positive with
the extension than without. This effect was ususlly more predominant
near the leading edge and was in the expected direction since it can be
reasoned that the extension would suppress the pressure-relieving effect
of the leading edge with a detached shock. However, this effect was
not pronounced at all angles of attack and spenwise stations, and in
meny of these cases the effect of the extension was negligible for that
portion of the wing surface which was instrumented.




ol

NACA RM L56I1k 13

For the low-pressure side of the wing, the effect of the extension
was, in general, opposite to what might have been expected if the same
reasoning had been used as for the high-pressure side. Instead of the
pressures belng more negative with the extension, they were less nega-
tive near the leading edge in almost every case. Usually, this effect
was sufficiently small that it might be considered negligible within
the accuracy of the data; however, the data for o = 9.3° and o = 11.3°

at y/% = 0.55 inch (fig. 22) show an effect that is definitely greater

than the accuracy of the data. A similar effect was noticed for other
outboard stations at this Mach number. A possible explanation for this
type of effect 1s that the boundary layer on the upper surface prevented
the full theoretical expansion of the flow. It would be expected that
this effect might become important on the low-pressure side of the wing
where the boundary layer 1ls relatively thick and not be important on the
high-pressure side with its thin boundary layer. The possibility also
exists that, although the leading-edge extension was carefully set at

0° angle of attack, possibly the deflection of the wing under load caused
a warping of the thin leading-edge extension at these higher angles of
attack. In any case, compared with the discrepancy between experiment
and linear theory, which is shown for higher angles of attack in figures
22 and 23, the effects of the leading-edge extension were smsll. TFor
predicting the pressure distribution, the theory does not agree with the
experimental results elther with or without the leading-edge extension.

NACA 65A003 section wings.- Figures 24 to 32 present the pressure
dete in the same menmer as figures 15, 16, and 17 except that figures 24
to 32 apply to the NACA 65A003 section wings instead of the zero-
thickness wing. This presentation is similar to that of reference T and
extends the studies of reference 7 to thinrer wings at lower Mach numbers.
Since the values of the pressure coefficients at O° sngle of sattack are
subtracted from the values at each partlcular test angle of attack, the
thickness pressure distribution for these figures 1s supposedly not pres-
ent and the pressure distributions are due solely to angle of attack, if
thickness and angle of attack effects are purely sdditive. However,
figures 24 to 32 show that the thickness and angle-of-gttack effects are
not purely sdditive even for the thin, 3-percent-thick wings of this
investigation, since the data indicate that the flow on the wing 1ls not
conical for test angles of attack greater than 5°. Instead of a single
curve, the date indicate a regular and consistent departure from coni-
cal flow for these configurations. Since the data do define a single
curve reasonsbly well at 5° angle of attack, the effects of thickness
are not so strong as those presented In reference 7. Reference T showed
apprecisble departures from conical flow at 3© angle of attack for a

_sharp leading-edge, 5-percent-thick, delta wing at a Mach number of 3.33.

If the data of figures 24, 25, and 26 are compared with the data of
figures 15, 16, and 17, it is apparent that the departures from conical
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flow at test angles of attack greater than 5° are more pronounced for
wing 2 (the NACA 65A003 section wing) then for wing 1 (the zero-thickness
wing) at corresponding angles of attack. This comparison 1s a direct
indicatlon of the second-order effects of even the small smount of thick-
ness of a 3-percent-thick wing on the pressure distributions.

- The departure from conical flow in figures 27 to 32 are similar to
the departures shown in figures 24, 25, and 26 and indicate that the
effects of Mach number and aspect ratio on these nonlinear, second-order
thickness effects are secondary. In this commection, it will be remem-
bered that the thickness pressure distributions were similar for wings 2,
3, and 4. (See figs. 11, 12, and 13.) It is also apparent in fig-
ures 24 to 32 that the departures from conical flow due to the second-
order thickness effects are greater than the direct effects of ‘thickness
on the pressure distributions. . . _

Since it was shown that linear theory did not predict the pressure
distributions adequately even for a zero-thickness wing at angles of
attack of 10° and sbove, the fact that there is poor agreement between
theory and experiment for these wings with thickness is as expected.

Pressure contours.- Since figures 24 to 32 show consistent departures
from conical flow due to second-order thickness effects, some typleal
pressure contours are presented in figures 33 to 43 %o permit better
visuslization of these effects. The contours were constructed by
linearly interpolating between the pressure readings of each longitudinsal
row of orifices to determine the location of each contour at each span-
wise station. These locations were then Jjoined by straight lines.
Figures 33, 34, and 35 show pressure contours for wing 1 with and without
the leading-edge extension. The re¢maining figures are for the wings with
NACA 65A003 sections. In each case, the pressures at O° angle of attack
were subtracted from the pressures at each particular test angle of )
attack. The contours with and without the leading-edge extension were,
in genersl, very similar (figs. 33, 34, and 35) at corresponding angles
of attack. It should be pointed out that, for wings on which a shallow
pressure gradient exists over a large region, variations in the patterns
of the individusl contours in this region can be greatly changed by smsll
inaccuracies or iunsignificant local-pressure fluctuations. For this
reason, too much significance should not be attached to the locations of
individual contours in regions where the contour spacing is large, but
attention should be confined to the overall general effects shown by the
contours.

Figures 36 to 43 show that the general effect of the thickness cou-
pling on the angle-of-attack pressure contours is to cause deviations
from straight conical contours to curved contours which are convex with
respect to the wing leading edge. Viscous effects such as separation
nesr the wing trailing edge could also cause this same type of curvature
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end is belleved to account for part of the deviations from conical flow
which were experienced for wing 1 at high angles of attack.

The pressure contours of figures 33 to 43 illustrate graphlcally the
steeper pressure gradients that occur on wings of lower aspect ratios at

lower Mach nunmbers than occur on wings of higher aspect ratios at higher
Mech numbers. )

Reynolds Nunber Effects

Although the study of Reynolds number effects was not one of the
primary objectives of this investigation, some data to help evaluate
Reynolds number effects were obtained. Typlcal deta showing Reynalds
nuniber effects are shown in figure 44 and 45. Figure 44(a) shows a
chordwise pressure distribution for the wing of lowest aspect ratio at
the lowest Mach nunmber. Figure 44(b) shows a spanwise pressure distri-
bution for the seme configurstion. Figure 45 represents corresponding
data for the wing of highest aspect ratio at the highest Mach number.
No pronounced Reynolds number effects are spparent in the data. For
many of the pressure distributlions of other configurations which. are
not shown, there were small Reynolds number effects on the low-pressure
side of the wing of the same order of msgnitude as shown in figure L45(a).
This low-pressure side of the wing consistently showed the greatest
scatter in the curves; however, the effect is so smell that it is ques-
tionable whether 1t is resl or due to the inaccuracy of the datsa.

Since references 2 and 3 showed more pronounced effects of Reynolds
number on the pressure distributions of a 68.4° sweptback delta wing, it
is not correct to generalize that Reynolds number effects are alweys
negligible for delta wings. The wing used in the investigation of refer-
ences 2 and % had a different section (NACA OO-series) and had a thick-
ness ratio varying from 4 percent at the root to 6 percent at the tip.
Also, the investigation of Reynolds number effects was the primary objec-
tive in references 2 and 3 and smaller angle-of-attack increments were
chosen in order to obtaln a better history of sepsration phenomena
throughout the angle-of-attack range. Reference 1 also presents some
test results for delta wings with higher aspect ratios than the wing
vhich was tested in references 2 and 3 and shows no pronounced Reynolds
number effects. There is, therefore, some indicatlion that Reynolds num-
ber effects are associated with wings of low aspect ratio if they are
sufficiently thick.
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CONCLUSIONS

Pressure distribution and loading studies on delta wings with zero
thickness and with NACA 65A003 sections at test Mach numbers of 1.62,
1.94, and 2.41 have obtained the following results and indicated the
following conclusions: '

1. The well-known tendency for the loading on deltas wings to become
more triangulsr with lncreasing angle of etteck is shown quantitatively
for e wider range of operating conditions than the range for which data
currently exist.

2. The location of the lateral centers of pressure for all the wings
of this investligation at all test Mach numbers were essentially the same
at 20° angle of attack. This center-of-pressure locatlion was at 35 per-
cent of the semispan. At lower engles of attack, there were grester
variations in the lateral center-of-pressure locations and these loca-
tions were shown quaentitatively.

3. Tests with a wing of zero thickness disclosed that at angles of
attack of 10° or less the flow was conical at all test Mach numbers, and
only small departures from conicael flow were present at higher angles of
attack.

k. The wing of zero thickness was tested at angles of attack greater
than those necessary to produce leading-edge shock detachment, with and
without the thin leading-edge extension, 1in order to evaluate pressure-
dlstribution phenomene associated with leading-edge shock detachment.
For the most part, the leading-edge extension had little effect on the
pressure distributions.

5. Although conical flow existed on the wing of zero thickness at
10° engle of attack, linear theory was shown to be insdequate for pre-
dicting the actusl pressures on the wing surface at this or higher angles
of attack. Contrary to the prediction of shock-expansion theory the
experimental pressures were not constant in the region shead of Mech
lines from apex.

6. Even for the thin NACA 65A003 section wings of this investigation,
appreciable nonlinear interference effects were shown to exist between
the angle of attack and the thickness pressure distributions at test
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angles of attack greater than 5°. These effects caused regular and
consistent departures from conical flow in the pressure distributions.

Langley Aeronauticeal Leboratory,
National Advisory Committee for Aeronautics,
langley Field, Va., August 29, 1956.
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TABLE TI.~ WING-ORIFICE LOCATIONS
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Wing 1
Row y/% xt /e
A 0.100 0.122 0.213 0.317 0.L423 Q.5%8 0.635 0. ;(Bz 0.8%3 0.918
B 250 122 .218 .+310 .hos .98 .589 o .798 .903
[ Loo 126 222 317 411 « 506 .605 -Th8 .
D 550 163 .267 <371 L0 602 .728 .835
E .'700 .218 .358 .hgs G2 . 758
P 800 .319 434 553 633
Row xfen y/g B
1 0.476 0.201 0.360 0.515 0.668 0.826
2 762 126 .227 .323 426 .52 0.621 0.715 '0.821 0.913
Wing 2
Row % x'/e
A 0.100 0.040 0.132 0.263 o.ha2h 0. 528 0,634 0.737 0.832 0.918
B .250 033 .107 .205 .302 128 .562 68 801 .90L
c koo .gge .13 -1 .362 482 604 STHS .875
D . 550 .083 204 331 L6 .595 . 720 835
E . 700 .103 .221 ho2 .508 751
F .800 .219 349 48k 632
Row xfe, 7/132—' -
2 0.477 0,211 0.368 0.52h 0.67h 0.829
2 762 135 .235 .329 531 525 0.625 0.T13 0.820 0.913
Wing 3 —_
Row 2- xt/e _
A 0.100 0,025 0.113 0.259 0.h10 0. 52k 0.63L 0.740 0.838 0.918
B .250 .025 . .120 .203 .299 L33 . 561 .688 «T99 .90k
c oo 034 117 236 35T 480 .605 751 .878
D .550 051 170 310 e 390 .T31 .823
E .gog 0%k .188 379 578 .49
b . 158 305 .468 602
Row xfe, _3"/%'_- i
1 0.k73 0.208 | 0.368 0.529 0.685 0.848
2 .T66 131 257 351 L33 .529 0.729 0.852 0.928
Wing &t
Row '-;- x'/fc
£ 0.100 0.0k2 0,124 0.2%2 0.k1g 0.53h 0.637 0. 0.836 0.919
B .250 .030 .120 221 <313 A3 «.56% 5 .80 903
[ 400 .04 .128 .248 .367 183 .605 T .878
D .55L .092 202 .3h2 . .603 .T36 .84
E .70L 066 167 .385 572 .752
F .Bol .187 .326 163
Row x/c, ¥ ?'
1 0.476 0.200 0.373 0.517 0.672 0.831
2 <57 .129 .229 .326 B2k 525 0.622 0.720 0.8%0 0.899
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L-9273k
Figure 1l.- Photograph of wing model and bypass plate mounted in ‘tunnel.
(Top half of tunnel nozzle removed.)




Figure 2.-

1-92573
Fhotograph of variocus wings tested and bypaes plate.
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Rearview

'8l-

Plonview, wing 4

%
. <L
P~
<3 L
ol i of
ﬁTo__L
v is circulor plate L | Section
Esss pafgb pLy- Wing 1 {53! Serni-flot
N Wing 2 |53 66A003
Wing | g Wwing 360.0° 65A003
:;-—Ei:—-- Wing 4 66.6°69A003
g =
See table I for orifice locations

23

Figure 3.- Dimensional sketch of various wing models gshowing orifice
locations. (All dimensions in inches. )
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Wing leading edge

e Bypass plate | M

/' Edge sharpened

\- Wing trailing edge
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of the wing with no orifices
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Figure 4.~ Sketch of wing 1 showing method of attaching leading-edge
extension.

extension, fastened by flat-heod
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Figure 5.- Span losd distributions for wing 1 (A = 53°). (Dashed curves
represent linear theory.)
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represent linear theory.)
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/——Surfoce slopes (radians)

Figure 1k4.- Sketch of typical graphical leyout necesssxry for computation
of theoretical pressure at point P. Wing 4, M= 1.9k
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Figure 15.- Pressure distributions as a function of conical ray from
wing epex. Wing 1l at M = 1l.62.

NN CORREDENEEA:

by



42 N

NACA RM L56I1h4

S

/
-2 o
~ e L ]
5 -
-]
S
n
PR
2
S @ a=25° T 1
LTI
-7 i
-.P ’— fm —f —— —
-.,:
l/]
4 4 Y
_.7. e //
% oot
(g? ¢ E}Z’*OJ ]
ool
éi' o p=04 :J
&
1 & 5=055 =
v b =07 ||
— _ ——d
= o [ul B e S DB/XQ_-O'B ,_1
! 1 "R ~ -Linetr
= 4‘\
) (b) @=21Q° .
RN Ll I~
2 3 4 5 ) 8 9 1O
ton w .
fane

|

1
Il

Figure 16.- Pressure distributions as a function of éonical ray from
wing apex. Wing 1 at M = 1.9k,

A ACEIDER



NACA RM Ls6I1L

-8
-7 T
i
-.6 !
/
7
-5
./
4 I I O e e
o WA~
: T84
3 Ll L =2
Pa
Fadh
-2
- Y
°5z=0
o) oy -
op5=025 [
Y —
y . |
2 a v =0.55
. ]
3 == — "oz =07 |
o a = y
g P9 ] b0 RN "pz=08 [ ]
' b S~ TN plinear theory
N Shad N
5 R
. =
\
6 .
by
N Qa2 T T
gl 1l i1 _
0 I 2 3 4 o} 5 N 8 9 1O
fan w
tane

Figure 16.- Concluded.
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wing apex. Wing 1 without leading-edge extension st M = 2.41.
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wing apex. Wing 2 at M = 1.62.
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Figure 25.- Pressure distributions as a function of conical ray from
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Figure 26.- Pressure distributions as a function of conicsal ray from
wing aspex. Wing 2 et M = 2.41. _
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Figure 28.- Pressure distributions as a fumction of conical ray from

wing apex.

Wing 3 at M = 1.9k,
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Figure 28.- Concluded.
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Figure 29.- Pressure distributions as a function of conical ray from
wing apex. Wing 3 at M = 2.41.
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Figure 29.- Concluded.
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Figure 30.- Concluded.
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Figure 31.- Pressure distributions as a function of conical ray from

wing sapex.

Wing 4 at M = 1.9L4.
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Figure 32.- Pressure distributions as a functlion of conical ray from
wing spex. Wing 4 et M = 2.41. .
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(e) Low-pressure side; no leading- (b) High-pressure side; no leading-
edge extension; values of edge extenslon; values of

CPu=ll-3° = Cpg=go- CPg=-11.30 = Cpg=po-

(¢) Low-pressure side; with leading- (d) High-pressure side; with leading-
edge extension; values of edge extension; values of
CPa=11.3° = Cpgmpo® CPa;_ll.3o = Cpg=po”

Figure 33.- Pressure contours for wing 1 st M = 1.94.
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(a) Low-pressure side;
CP=11.20 = CPo=go"

(b) High-pressure side;
an:-ll.Eo - CPq=00'

(¢) Low-pressure side;
Coom21.20 = CPge00-

Figure 3L4.- Pressure

(d) High-pressure side;
Cpym-21.20 = CPge=00"

contours for wing 1 at M = 2.41.
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(a) Low-pressure side; (b) High-pressure side;
Cpg=11.30 = CPg=00" Cpg=-11.30 = CPamoo"

(¢) Low-pressure side; (d) High-pressure side;
CPgm21.20 = CPo=0o" Cpg=-21.20 =~ CPg=po"

Figure 35.- Pressure contours for wing 1 at M= 2.41 with
leading-edge extension.
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(a) Low-pressure side; (b) High-pressure side;
CPq=5o - CPQ:OQ' : h CPa=_5o - CPQ=50'

(¢) Low-pressure side; (d) High-pressure side;
Cro=100 = CPgmpo- CPy=-100 ~ CPoao0

Figure 36.- Pressure contours for wing 2 &t M = 1.9L.
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(a) Low-pressure side; (b) High-pressure side;
CPa;5o - CPq;oo‘ CPQ=_50 - CPa=oo‘

(¢) Low-pressure side; (d) High-pressure side;
CPe=100 = CPg=00" CPu=-100 ~ CPg=00"

Figure 37.-~ Pressure contours for wing 2 at M = 2.41.




(e) Low-pressure side;
Cpmmo - GPG,:QO'

Flgure 37.-

Concluded.

(f) High-pressure side;
CPa;_goo - CPw_-oo :
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(a) Low-pressure side; (b) High-pressure side;
Cpa=s50 = Cpg=go- CPg=-50 = Cpg=go-

(e) Low-pressure side; (d) High-pressure side;
Cog=100 = CPam00" CPg=-100 = CPg=po"

Figure 38.- Pressure contours for wing 3 at M = 1.62.
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(a) Low-pressure side; (b) High-pressure side;
Cpa=50 = Cpo=oo: Cpg=-50 = CPa=0°"

(¢) Low-pressure side; (a) High-pre%sure side;
Cpo=100 = CPa=oo- Cu=-100 ~ CPg=po"

Figure 39.- Pressure contours for wing 3 at M= 1.9%.
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(a) Low-pressure side; (b) High-pressure slde;
a0 ~ CPancd” Chamo ~ CPanod”

(c) Low-pressure side; (d) High-pressure side;
’ Cpg=100 = CPa=00" Cpge_100 = CPg=00"

- Figure 40.- Pressure contours for wing 5 at M = 2.41.
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(a) Low-pressure side; (b) High-pressure side;
CPa=5o - CPa=oo' CPa;_5o - CPa=oo'

(¢) Low-pressure side; (d) High-pressure ‘side;
Coato0 = oo CPai100 - CBamoo”
a=10° a=0° a=-100 a=0°

Pigure 41.- Pressure comtours for wing 4 at M = 1.62.
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(a) Low-pressure side; (b) High-presgure side;
cpa,___.50 = C’Pd;oo' CP(L:-5O - CPaF._oO'

(c) Low-pressure side; (&) High-pressure side;
Cpo=100 = CPa=00" CPg=-100 = CPa=00"

Figure L42.- Pressure contours for wing Y at M= 1.94.
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(a) Low-pressure side; (b) High-pressure side;
CPQ___5O - CPdFoO' CPQ,___.--_5O - CPO:'__.Oo'

(c¢) Low-pressure side; (4) High-Pressure gide;

CPys100 ~ Cpymgor CPye_100 = CPgeoo

Figure U3.- Pressure contours for wing 4% at M= 2.41.
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